The orbital maneuver capabilities of several CubeSat propulsion systems are analyzed using trajectory simulations. Properties of several types of developmental micropropulsion systems are reviewed, and ΔV capabilities are compared. Mission simulations are used to analyze the relationship between thrust arc length and orbit change capability in a low-thrust spiral trajectory. Constraints on power, fuel mass, and mission duration, as well as systemlevel constraints, are considered. Feasible CubeSat architectures and mission designs are developed for three electric propulsion systems. The most effective combinations of thruster operational modes and trajectory control strategies are discussed.
The orbital maneuver capabilities of several CubeSat propulsion systems are analyzed using trajectory simulations. Properties of several types of developmental micropropulsion systems are reviewed, and ΔV capabilities are compared. Mission simulations are used to analyze the relationship between thrust arc length and orbit change capability in a low-thrust spiral trajectory. Constraints on power, fuel mass, and mission duration, as well as systemlevel constraints, are considered. Feasible CubeSat architectures and mission designs are developed for three electric propulsion systems. The most effective combinations of thruster operational modes and trajectory control strategies are discussed.
Nomenclature
A rad = radiator area, m 2 a = semimajor axis, km E = eccentric anomaly e = eccentricity ε = specific energy, J∕kg = spacecraft initial mass, kg n = mean motion r = radial distance, km T = thrust, N T ds = deep space temperature, K T R = net transportation rate, kg∕day T rad = radiator temperature, K V esc = escape velocity, km∕s v = velocity, km∕s ∈ = radiator material emissivity η rad = radiator efficiency η th = thermal efficiency θ = true anomaly ϑ = angular velocity, rad∕s μ = standard gravitational parameter σ = Stefan-Boltzmann constant ω = argument of periapsis I. Introduction T HE last decade has seen significant advances in the development of micropropulsion systems for nanosatellites. Several new thrusters are approaching flight demonstration readiness, and small satellite designers will soon have many choices of propulsion systems. CubeSats, which have typically flown on passive orbits without propulsion, will soon see a large increase in range and variety of feasible missions. NASA has initiated the Cube Quest Challenge, which will include lunar and deep space objectives, and other interplanetary missions are under investigation [1] . Upcoming missions, such as the CubeSat Proximity Operations Demonstration [2] and Mars Cube One [3] , will demonstrate micropropulsion for attitude control applications. CubeSats will be equipped to conduct a wider range of scientific missions by changing altitude and inclination over long-duration trajectories in Earth orbit as well as interplanetary transfers beyond Earth.
Micropropulsion technologies currently in development include cold gas thrusters; chemical propulsion, such as hydrazine and "green" monopropellant thrusters; electric propulsion (EP), including ion thrusters, microresistojets, electrospray thrusters, and pulsed plasma thrusters; and helicon plasma thrusters [4] . Some of these are new propulsion methods; others are microscale versions of propulsion technology that have extensive heritage on larger spacecraft. Systems vary widely in thrust, specific impulse, and power requirements as well as in complexity and propellant density, which are major considerations within the size and operational constraints of CubeSats. In light of the range of new technology, this paper addresses mission design for propulsion-enabled CubeSats. Our analysis focuses on orbit-raising maneuvers initiated in low Earth orbit (LEO). The objectives of this paper are 1) to estimate the orbital maneuver capabilities of several developmental CubeSat propulsion types and 2) to examine the most effective trajectory control strategies and configurations for CubeSat orbit-raising maneuvers.
Typically, thruster performance is measured using standard metrics, such as total ΔV, specific impulse, power, and thrust. However, these simple metrics provide limited insight into the actual mission trajectory that a CubeSat will be able to fly. Operational schemes, such as the timing of thrust and coast arcs and power management, can significantly affect a long, low-thrust orbit trajectory. System-level considerations are a key factor in designing feasible vehicle architectures and mission designs for small spacecraft.
Some trajectory analysis has been conducted for individual thrusters, such as approximation of the mission duration assuming constant thrust [5] , analysis of an orbit-lowering maneuver from geostationary transfer orbit (GTO) to LEO [6] , analysis of initial deployment and orbit correction maneuvers [7] , and analysis of interplanetary orbit transfers [8] . Different types of micropropulsion systems have been considered in trajectory planning for CubeSat proximity operations [9] . Other metrics, such as total impulse per unit mass, have been used to compare different EP systems [10] , yet studies have demonstrated that simple metrics do not always indicate actual mission capabilities; maximizing thruster ΔV is not equivalent to maximizing the orbit-raising capability [11] . For example, a low-thrust propulsion system with high specific impulse may theoretically have enough ΔV to transfer from LEO to lunar orbit, but implementation of the trajectory would require excessive time and radiation exposure so as to be infeasible.
Recently, two different operational schemes, constant-thrust spiraling and thrusting only near perigee, were simulated for a particular plasma thruster in a small spacecraft form factor [12] . The time and fuel required to reach orbit varied significantly between the two schemes. This result indicates that more detailed trajectory analysis is required to quantify the effectiveness of different micropropulsion systems. This paper compares seven types of CubeSatclass spacecraft propulsion systems using trajectory simulations and considering system-level constraints, such as volume, mass, and power management.
We find that there is not one single best thruster technology or propulsion strategy for CubeSat maneuvers; different mission objectives are best satisfied by different thruster properties and controls. After evaluating the various thrusters on several metrics, we propose a map of these micropropulsion systems to the types of missions for which they are best suited. Finally, we develop CubeSat configurations for major orbit change maneuvers within system-level constraints.
II. Propulsion Systems
Seven types of CubeSat-class propulsion systems were considered: cold gas, electrospray, green monopropellant, helicon plasma, ion thrusters, resistojets, and pulsed plasma thrusters. The first type, cold gas propulsion, is the most mature; several systems are commercially available for nanosatellites. See, for example, the VACCO Standard Micro-Propulsion System (MiPS) ¶ and the Aerojet Rocketdyne MPS-110. ** The remaining six propulsion types are at various stages of development. Figure 1 shows the expected range of thrust and specific impulse of the different propulsion system types. Table 1 [ [13] [14] [15] [16] [17] [18] [19] [20] [21] [22] [23] [24] [25] shows properties of representative thrusters of each type. Bold font indicates thrusters selected for trajectory simulations. For thrusters that can use multiple propellants, the propellant associated with given properties is indicated in parentheses. Table 1 is not intended to be a comprehensive list of all micropropulsion systems in development. Several thrusters in early development were not considered, including Hall effect thrusters, vacuum arc thrusters, and colloid thrusters. Chemical solid rocket motors are not considered, as they cannot be stopped and restarted on long-duration maneuvers and cannot be used for reaction wheel desaturation, therefore causing attitude control challenges. Hydrazine monopropellant thrusters are also not considered, as regulations and costs for ground operations are likely prohibitive for many CubeSat programs (although some programs are considering hydrazine thrusters). Lower-toxicity green propellants are expected to be a more feasible option than hydrazine for CubeSat chemical propulsion [6] . Properties of additional thrusters are available in [4, [26] [27] [28] .
The propulsion systems in Table 1 are representative of a wide range of propulsion technologies. Cold gas thrusters use a physical nozzle to accelerate propellant without combustion. Refrigerants are usually used as the propellant for cold gas propulsion because of the thermal properties. Since there is no combustion, and no energy is added to the propellant, the specific impulse is low. Green monopropellant thrusters are traditional chemical monopropellant propulsion devices that use a state-of-the-art propellant that is nonvolatile at atmospheric pressures, making it safer for human interaction. Thrust and specific impulse are higher than in a cold gas thruster, but there is an additional risk to the CubeSat and surrounding spacecraft because the propellant is combustible. Microresistojets also use nozzles to accelerate propellant, but the propellant is heated by a resistive coil rather than combustion. This is safer for spacecraft because the propellant is not combustible.
Ion thrusters are EP devices that use a cathode or RF antenna to create plasma. The plasma is accelerated electrostatically by a series of charged grids, resulting in a specific impulse that is orders of magnitude higher and thrust that is orders of magnitude lower than traditional chemical propulsion devices. Electrospray thrusters use wetted tips with a high electrostatic density to charge droplets of liquid. The electrostatic forces cause the droplet to vaporize and accelerate from the microtips at the thruster surface. Helicon plasma thrusters use an RF antenna coupled with an axial magnetic field to ionize the propellant. Rather than using an electrostatic field to accelerate the plasma, a magnetic nozzle is used to generate thrust. Helicon plasma thrusters are capable of producing more thrust than RF ion thrusters and electrospray thrusters because the ionization method is capable of producing more plasma; however, the specific impulse is lower because the acceleration method is not as efficient. Pulsed plasma thrusters (PPTs) use induced magnetic fields to accelerate propellant sublimated from a solid surface. PPTs are pulsed devices, and the thrust is dependent on the thruster frequency. The frequency at which a PPT can operate is dependent on the length of time required to charge its capacitors, which is a function of the power available. Specific impulse is lower than other EP devices, but the use of a solid propellant is beneficial for CubeSats.
Propellant storage and fluid management systems are also an important consideration in evaluating propulsion systems for CubeSat applications. In a micropropulsion system, the mass and volume of the propellant tank, lines, and valves can exceed the size of thruster itself. In general, the propellant system mass and volume will be more significant for the high-pressure xenon systems, such as ion thrusters and helicon plasma thrusters. For example, a 3U, high-ΔV CubeSat with the miniature xenon ion (MiXI) ion thruster has been estimated to require a propellant tank mass of 0.2 kg and a feed system mass of 0.05 kg [5] (A CubeSat unit (U) is a cube measuring 10 cm along each edge.). Cold gas thrusters, which use lowerpressure gases, and liquid propellant systems will require less propellant system complexity. One example, the Busek Green Monopropellant Thruster, is available in a 1U, 1.5 kg configuration including valves, propellant tanks, and electronics. † † Solid propellant thrusters do not require propellant fluid management systems; these thrusters often include modular, fixed propellant capacity. For example, the Jet Propulsion Laboratory (JPL) microelectrospray propulsion (MEP) design includes 240 g of indium propellant [29] , and the Dawgstar Micro-PPT included a 0.76 × 3.05 cm Teflon™ propellant bar [25] .
The goal of this analysis is to compare feasible CubeSat mission trajectories using different thruster types. One thruster of each type was selected for trajectory simulation and systems-level analysis. In Sec. IV, we analyze the ΔV capability for the different propulsion system types under CubeSat constraints. In Sec. V, we analyze the effect of varying thrust arcs over a spiral trajectory for two types of EP systems on a 3U CubeSat. In Sec. VI, we develop 6U and 9U configurations for three specific thrusters subject to appropriate system constraints. We use trajectory simulations to evaluate feasible LEO-to-geosynchronous-earth-orbit (GEO), LEO-to-lunar orbit, and LEO-to-Earth-escape mission trajectories.
III. CubeSat System Constraints
CubeSats operate under strict mass, volume, power, and thermal constraints. A CubeSat with a cold gas propulsion system could be sized as small as 1.5U (15 × 10 × 10 cm); other propulsion types will likely require a larger form factor. In Sec. V, we assume a 3U (30 × 10 × 10 cm) CubeSat with an initial spacecraft mass of 5 kg. (This exceeds the nominal mass limit of 4 kg for a 3U CubeSat, but a mass waiver is a possibility for a propulsion-enabled CubeSat.) With mass and volume reserved for payload, onboard computers, batteries, attitude control systems, and other subsystems hardware, propellant storage density is an important consideration in determining how much fuel mass is available for propulsive maneuvers.
A. Propellant Mass and Volume
The seven thruster types listed in Table 1 use many different propellants, which can be stored as gases, liquids, and solids. Some thrusters, including cold gas systems and helicon plasma thrusters, can use many different types of propellants. The most common propellants for cold gas systems are nitrogen and butane. Butane can be stored as a liquefied gas; its higher density offers greater maneuvering capability than nitrogen. A butane cold gas system has flown on the SNAP-1 nanosatellite [14] . Helicon plasma thrusters can use liquid water, iodine, ionic liquids, and many other propellants. Xenon is selected as the nominal propellant in this analysis. Nominal propellant types for each simulated thruster are listed in Table 1 .
Density varies significantly between propellant types and as a function of storage temperature. Assuming limited mass and volume on the CubeSat are reserved for fuel storage, some propellants will be constrained by the mass limit, while others are constrained by the volume limit. Gas propellants are typically volume limited. Xenon has a relatively low critical pressure of 58.4 bar; above this pressure, it can be stored as a supercritical fluid with significantly higher density [30] . However, a supercritical pressure system requires additional tank mass, which may be too large for some CubeSats [31] .
A reasonable propellant mass limit for a CubeSat may be up to 1.5 kg for a 3U spacecraft or up to 3 kg for a 6U spacecraft [30] . Figure 2 shows the mass and volume for several propellants. Figure 2a shows the mass of the gas propellants xenon and nitrogen that can be stored in a 1000 cm 3 tank at various pressures. A propellant tank of this volume would require 1-2U of spacecraft volume, depending on tank geometry. CubeSat Design Specification Rev. 13 [32] does not specify a pressure limit for onboard vessels. However, Air Force Space Command Manual 91-710 Volume 3 defines systems with operating pressures over 100 psig (6.8 bar) as hazardous flight hardware pressure systems, which require additional testing and analysis and may require waivers [33] .
A CubeSat's capacity to carry liquid propellant may be limited by volume or mass, depending on the liquid density. Figure 2b shows the mass of several propellants stored as liquids at various volumes. Assuming a propellant mass limit of 1 kg and volume limit of 1000 cm 3 , the higher-density ionic liquids would reach the mass limit first, while the lower-density liquids, ammonia and butane, would reach the volume limit first.
Propellants that can be stored as solids, such as Teflon and indium, generally have the highest density at atmospheric pressure. Figure 2b shows the mass of these propellants at various volumes. Teflon propellant for pulsed plasma thrusters can be stored in a range of densities from porous to high density; a nominal density of 2116 kg∕m 3 was selected for this analysis [34] .
B. Power, Radiation, and Thermal Constraints
Power availability depends on the type of solar arrays; bodymounted solar panels can generate up to 6 W of continuous power on a 3U CubeSat or 10 W on a 6U CubeSat, while deployable solar panels may generate up to 36 W continuous power on a 3U satellite or 72 W on a 6U satellite [35, 36] . On long-duration missions, battery degradation may further limit the available power.
Radiation will also limit a CubeSat's ability to successfully accomplish a long-duration mission. Low-cost CubeSat components are not typically radiation hardened, so radiation degradation is expected. Low-inclination LEO trajectories and GTO-boosting orbits with low thrust have a high radiation risk. Trajectories that limit radiation exposure, for example, operating at high inclination, boosting to high altitude quickly, or using a highly elliptical orbit to minimize time in the radiation belts, will decrease the mission risk [12] .
Thermal constraints can also be a limiting factor for propulsionenabled CubeSats. Most types of propulsion systems return heat to the spacecraft bus, and this heat must be rejected by the radiator. The maximum heat load that can be rejected is a function of CubeSat surface area and temperature. The implications of these thermal constraints on the number of thrusters and power levels are further discussed in Sec. VI.
IV. ΔV Capability
We select for further analysis one thruster from each type listed in Table 1 : the VACCO MiPS, the JPL MEP thruster, the Busek Green Monopropellant Thruster, the University of Michigan CubeSat Ambipolar Thruster (CAT), the JPL/University of California, Los Angeles (UCLA) MiXI thruster, the Busek Micro-Resistojet (MRJ), and the Clyde Space PPT.
First, we consider the case of continuous thruster operation with constant thrust at a fixed throttle point. In this mode, ΔV is given by the ideal rocket equation,
ΔV is dependent on the specific impulse and propellant mass ratio only. Figure 3 shows ΔV vs the initial propellant mass for the various thrusters, assuming an initial CubeSat mass of 5 kg. The CAT and the Clyde Space PPT results are nearly identical, as the thrusters have similar I sp values.
The four EP systems considered, the electrospray, RF ion thruster, helicon plasma thruster, and pulsed plasma thruster, have the highest specific impulses and thus the largest calculated ΔV. However, Eq. (1) does not account for key differences between chemical and electric propulsion systems, such as the propulsion system's inert mass or gravity losses. Therefore, it is, at best, a rough metric for comparing different types of propulsion systems.
The time and mass of fuel needed to escape Earth orbit from an initial low Earth orbit were evaluated for each thruster. At a distance r from the Earth's center of gravity, the escape velocity is given by
From an altitude of 500 km, the escape velocity is 10.77 km∕s, which is 3.67 km∕s faster than the circular orbit velocity.
A low-thrust spiral transfer requires more total ΔV than the theoretical minimum to perform a given orbit maneuver. A more accurate estimate of the ΔV required for a spiral transfer is the difference between the final and initial orbital velocities [36] : ΔV (1) and (3), the propellant mass fraction to reach GEO and r SOI from a 500 km orbit for each of the thrusters is given in Table 2 . Table 2 indicates that the propulsion systems with the lowest specific impulse values, cold gas, green monopropellant, and microresistojet thrusters, would require more than an 87% propellant mass fraction to maneuver from LEO to GEO or beyond. This is not realistic for a 3U or 6U CubeSat, as it leaves very little mass for all remaining components. These thrusters are better suited for small maneuvers, such as station keeping, drag makeup and rendezvous [37] , and launch error correction.
V. Trajectory Control Strategy
To evaluate the maximum feasible orbit change for a mass-and volume-limited CubeSat, we analyze the relationship between thrust duration and orbit change capability. We assume a 3U CubeSat will perform an orbit-raising maneuver using continuous thrust, which may be stopped and restarted. The thrust vector is constrained to lie in the orbital plane; only in-plane orbit changes are considered.
The most propellant-efficient, orbit-raising strategy is to thrust only when the spacecraft is at perigee, as in a Hohmann transfer. If the spacecraft performs a small ΔV at perigee with minimal propellant expenditure, the resulting change in energy is approximately equal to the change in specific energy,
where subscripts 1 and 2 indicate values before and after the maneuver, respectively. If v 2 v 1 Δv and r 2 r 1 , then
For a given ΔV magnitude, the change in specific energy is maximized when the initial spacecraft speed v 1 is greatest and the Δv vector is aligned with v 1 [38] .
However, for a low-thrust micropropulsion system, a trajectory control strategy employing short-duration burns at perigee would require extremely long times to perform major orbit changes. Continuous thrust strategies make better use of high-I sp propulsion systems to perform maneuvers in reasonable time spans for CubeSat missions.
Optimal low-thrust controls have been studied for many types of orbit transfers. We consider a LEO-GEO spiral transfer with a simple two-phase control based on the near-optimal guidance scheme developed in [39] . In the first phase, the thrust is aligned with the orbital velocity vector to gain orbital energy and reduce gravity losses. In the second phase, after the orbit apogee reaches the GEO radius, the orbit is circularized to reach the target orbit with a 42;164 km and e 0.
In the first phase, we consider a range of thrust arc lengths, in which the thruster fires along the velocity vector when the true anomaly θ is within an angle limit α of perigee. This strategy is shown in Fig. 4 ; the thruster fires along the velocity vector when the spacecraft is in the shaded region.
Equations (4) and (5) are not valid when α is larger than zero; trajectory simulations are used to evaluate the resulting mission time and propellant expenditure. The trajectory simulations are based on the restricted two-body model of orbital motion, in which a spacecraft of negligible mass orbits a large central body. Trajectory perturbations due to Earth oblateness effects, solar radiation pressure, atmospheric drag, etc., are neglected, as they are relatively small and would not significantly affect comparisons across different types of propulsion on similarly sized spacecraft. The Lagrange planetary equations describe secular changes in the osculating orbital elements with a perturbing thrust acceleration. The Gauss form of the Lagrange planetary equations [40] is
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We consider only planar problems here, so we exclude the Gauss equations for orbital inclination and longitude of the ascending node. The mass flow rate equation
defines the rate of propellant mass loss. Fig. 4 Perigee thrust strategy.
Equations (6-10) were integrated numerically using the MATLAB ® ode45 function, a differential equation solver that uses a Runge-Kutta method. The spacecraft was initialized in a 500 km near-circular (e 10 −5 ) orbit with an initial mass of 5 kg (representing a 3U CubeSat with a mass waiver, as described in Sec. III). In phase 1, the thrust was applied in the direction of the velocity vector,v 1 v h rθ μ h e sin θr (11)
Upon reaching the GEO radius at apogee, the orbit was circularized using a simple, low-thrust guidance scheme based on [41] . For a low-thrust spiral orbit, the secular motion of the osculating orbit elements a and e can be controlled by a set of thrust Fourier coefficients (TFCs). The time rate of change in [ae] can be controlled by two essential TFCs, α
where the TFCs define the thrust acceleration in the circumferential direction,
Using this approach, the phase 2 guidance strategy was defined to control a and e to the target orbit. The time of phase 2 was calculated such that the magnitude of the thrust did not exceed the thruster's capability. The TFC approach is not an optimized trajectory control strategy, but it provides a reasonable estimate of the thrust acceleration needed to produce an orbit change. As Eq. (12) yields some drift inaccuracies over long periods, the control was recalculated every ten revolutions to achieve the desired accuracy.
The two thrusters in Table 1 with thrust >1 mN and I sp > 500 s, the CAT and the MiXI ion thruster, were selected for trajectory simulations to compare the effects of angle α on the mission time and propellant expenditure. We assume that 30 W continuous power is available to the propulsion system. This would be possible for a 3U CubeSat with deployable, gimbaled solar panels on a sunsynchronous orbit or with sufficient batteries. The CAT was simulated at a nominal operating point of 2.25 mN thrust and 800 s I sp ; the MiXI was simulated at a nominal operating point of 1.43 mN thrust and 3000 s I sp . Figure 5 shows the results of the trajectory simulations for the CAT and the MiXI ion thruster when thrust was applied over a range of true anomaly α in phase 1 and then circularized to reach GEO in phase 2. The case of α 180 deg is equivalent to continuous thrust throughout the orbit. In each case, the simulated CubeSat reached GEO with an error of less than 300 km in the semimajor axis and error less than 0.003 in eccentricity.
Time-of-flight and propellant mass limits can be balanced by selecting a moderate value of α. In Fig. 6 , we evaluate the net transportation rate [42] for the various thrust arc lengths,
where Δm is the increase in dry mass to GEO compared to the continuous thrust case and Δt is the additional transfer time required. For α ≤ 100 deg, the net transportation rate is positive, with a maximum value near α 75 deg. For a CubeSat to maintain thrust along the velocity vector or in the circumferential direction, an attitude control system is required. If the control strategy calls for thrust only within a small range of perigee, a low-complexity attitude control system can be used. For example, a CubeSat could use passive magnetic attitude control, in which onboard magnets maintain spacecraft alignment with the Earth's gravitational fields. If thrust along the velocity vector is required for a larger angular range, active attitude control would be necessary to maintain pointing. For thrust along the velocity vector in circular orbit, the attitude rate of the spacecraft must equal the orbital angular velocity:
The angular velocity is highest at low altitude, for example, 0.063 deg ∕s at 500 km. This angular velocity can be achieved by CubeSat attitude control systems that make use of reaction wheels and magnetic torque coils. Larger batteries may also be required, depending on power and energy requirements.
These analyses illustrate the complexity of thruster selection and control strategy for CubeSat orbit changes. Table 3 lists the thruster properties that are most critical for different types of orbital maneuvers and maps the thrusters considered in this analysis to the types of CubeSat maneuvers for which they are best suited.
VI. System-Level Vehicle and Trajectory Design
In this section, we analyze CubeSat configurations with emerging EP technologies to perform large orbital transfers, including LEO to GEO, LEO to lunar orbit, and LEO to Earth escape. We perform integrated vehicle and trajectory design using a system-level approach, considering spacecraft mass, volume, power, and thermal constraints as well as realistic operational lifetime limitations. We consider three different emerging EP technologies that are best suited to large ΔV orbit transfers. We compare the technologies by evaluating the CubeSat's potential to carry science or exploration instruments and the time to complete the maneuvers. The results provide insights into the most appropriate thrusters for a given application and the limiting system-level constraints.
The vehicle design approach is based on the system-level model from [43] and includes scaling laws for major subsystems (i.e., electronics, solar panels, and reaction wheel assemblies). In this section, we explore three propulsion systems, the JPL MEP thruster, the CAT, and the MiXI thruster, which were selected based on relevance, relative technical maturity, and availability of public performance and system specifications. We also investigate two standard CubeSat sizes (6U and 9U). The purpose of this evaluation is to find niches within the mission design space for each thruster type. We compare performance metrics, but we do not compare flight readiness of the thrusters, which should also be considered carefully in any mission trade.
For every maneuver, constant thrusting is assumed, resulting in a spiral trajectory with a 90% duty cycle (to account for reaction wheel desaturations, uplink/downlink, etc.). The trajectory and the propellant mass flow rate are calculated using Eqs. (6-10) with constant thrust in the direction of the body's velocity. We iterate through a variety of possible architectures (unique combinations of thruster type, thruster input power, vehicle size, and number of thrusters) to evaluate system-level feasibility and performance metrics. Each feasible architecture is evaluated according to the remaining mass and volume available to support a payload or margin as well as the time to complete the maneuver.
The payload mass fraction is computed as a percentage,
where m max is the maximum mass that can be launched for that CubeSat form factor and m 0 is the total mass of the bus, propulsion system, and propellant. The volume fraction is defined analogously. Each spacecraft is assumed to be launched with a mass of 2 kg per U, which is the upper limit allowed with proper approvals (this limit has been used in other CubeSat propulsion analyses, such as [44] ). Mission times of up to 36 months are considered, as this is expected to be the maximum operational lifetime of small spacecraft missions [45] . Different scaling assumptions for thrust and power are used for each of the three propulsion systems evaluated. The JPL MEP is a microfluidic electrospray propulsion thruster currently under development at JPL. The current version of this MEP thruster is a microfabricated array of 400 tiny emitters distributed over a ∼1 cm 2 emitter chip [29] . The base of the emitter chip is coated with indium and heated, which allows the propellant to flow up the emitters by capillary forces and be extracted by an electric field applied by a gridded electrode placed above the emitter array. The indium spray from the emitter array creates thrust; at 8.16 W, this system can generate 0.2 mN thrust with a specific impulse of 3744 s.
‡ ‡ The JPL MEP thruster can be operated at different specific impulse values, but we assume that the thruster is fixed at the 8.16 W power condition. Up to 240 g of indium propellant is stored with each thruster; total thrust is scaled by increasing the number of thrusters. The system is analyzed based on the number of thrusters that produce a feasible solution.
The CAT is a modified helicon thruster that implements permanent magnets to generate a helicon plasma. The CAT is able to operate across a range of power and thrust values; its thrust scales linearly with power. Compared to other EP systems, the CAT has a relatively low I sp , but it is able to achieve relatively high thrust. The CAT has been demonstrated at high operating power levels (up to 200 W with argon propellant), but for this analysis, it was assumed to operate within its designed nominal power range of 10-50 W with xenon propellant [20] . Thrust was assumed to vary with a constant thrust-topower ratio of 0.075 mN∕W with a constant I sp of 800 s. The system was evaluated over this power and thrust range for a varying number of thrusters, within mass, volume, and heat constraints, for every mission and CubeSat size.
The MiXI ion thruster is a 3 cm diameter miniature xenon ion thruster developed at UCLA [46] . Like the CAT, the MiXI thruster has the ability to scale its thrust output by varying the power level. The MiXI was evaluated over a range of feasible operating conditions; given a nominal operating point of 1.43 mN thrust at 30 W power, thrust and power were assumed to scale linearly with a constant thrust-to-power ratio of 0.0477 mN∕W [5] . A constant I sp of 3000 s was assumed.
Several assumptions were made to perform the comparisons. When evaluating systems with multiple thrusters, it was assumed that a single power-processing unit (PPU) could not run multiple thrusters simultaneously. Therefore, with every additional thruster, the mass and volume of an additional PPU were also added to the system. This is a conservative assumption, as multiple thrusters can likely be run by the same PPU.
It was also assumed that all the thruster systems were direct drive, in which solar panels onboard the CubeSat directly power the thrusters and recharge batteries to power other CubeSat system components. In the system model, all solar panels were sized and scaled to provide the necessary power for the thruster, spacecraft bus, and subsystems of each case, with no power remaining. The solar panels were assumed to be capable of generating 40 Wof power per U size of CubeSat, assuming deployable solar arrays [47] . The powerto-mass ratio for the solar panels was assumed to be 96 W∕kg, based on commercially available solar panels that produce 4.2 W with a 0.44 kg 1U panel. § § All thrusters were assumed to operate constantly at a 90% duty cycle and with 20% of the thruster power being returned to the structure as heat. This returned heat was modeled to passively radiate away from the structure. For a more conservative thermal analysis, the assumption of 20% heat return could be changed, and the comparative results would be similar. If the structure is unable to passively radiate all the heat, then the architecture is considered infeasible. The maximum radiated thermal energy was calculated from the heat loss equation,
assuming 50% thermal transfer efficiency, 80% radiator efficiency, 80% radiator material emissivity, and a value of 5.67 · 10 −8 W∕m 2 ∕K 4 for the Stefan-Boltzmann constant. A 6U CubeSat was assumed to have a radiator area of 0.05 m 2 , and a 9U CubeSat was assumed to have a radiator area of 0.07 m 2 [43] . We assumed a radiator operating temperature of 313 K and a deep space temperature of 4 K. Thus, a 6U CubeSat was found to radiate 34.83 W; a 9U CubeSat was found to radiate 48.76 W. The heat rejection for each configuration was calculated, Q Q max − total system power · heat return efficiency (18) Configurations with Q < 0 were eliminated for violating thermal constraints.
The maximum input power to a single propulsion system (thruster and PPU) was assumed to be 8.16 W for the MEP, 50 W for the CAT, and 60 W for the MiXI. A mass penalty of 0.25 kg was added to the CAT and MiXI configurations to represent the inert mass of a highpressure xenon propellant management system. The model does not consider the feasibility of thruster positioning onboard the CubeSat or any other physical constraints.
For the 6U and 9U cases, each configuration was simulated in a spiral-out trajectory from a 500 km LEO to the final orbit altitude. Results representing feasible system designs are plotted in Figs. 7 and 8. Labels near the data points represent the number of thrusters in each simulated configuration.
In Fig. 7 , the steps observed in the data for the CAT and MiXI systems occur when the input power is greater than the maximum power of a single thruster, and another thruster must be added. It is always assumed that when multiple thrusters are present within a model all thrusters operate at the same power level. For example, for the MiXI thruster condition at 70 W, it is assumed that two thrusters are present and they are both operating at 35 W. thruster and the highest I sp . Its low-power operation allows many thrusters to be combined into a larger system that drastically reduces the flight time of missions. With the assumption that 20% of the system's power returns to the CubeSat structure as heat, 18 JPL MEP thrusters can be placed on a 6U CubeSat before the structure will be unable to passively radiate away the generated heat. For the JPL MEP system, radiating the returned heat is the first limiting constraint to be violated by the addition of thruster units. In contrast, a maximum of three CAT or MiXI thrusters can be placed on a 6U CubeSat before violating the mass constraint (CAT) or heat radiation constraint (MiXI). Configurations with more thrusters are able to achieve shorter mission times.
In Fig. 7a , the CAT is able to complete the LEO-to-GEO maneuver in the shortest amount of time because of its higher thrust, but its maximum payload mass fraction is much lower than the other systems. Therefore, the CAT is well suited for a mission in which minimizing the transfer time is desired and there is not a massive payload. It also achieves LEO-to-GEO transfer in the shortest time for any given system power. The MiXI and JPL MEP thruster perform in a higher range of payload mass fraction and volume fraction.
In Fig. 7b , the feasible solutions for a 6U orbit change from LEO to lunar-flyby orbital transfers are shown (the trajectory reaches an orbit radius of 385,000 km, but lunar gravitational effects are not included). Configurations are discarded if the total mass, volume, or returned heat violates system constraints. Here, all CAT configurations with power over 10 W violate the mass constraints. Highpower CAT configurations become infeasible because of the increased sizing of the solar panels required to operate the system.
The same trends are observed with the largest orbit change maneuver evaluated, LEO to Earth escape, as shown in Fig. 7c Figure 8 shows results for a 9U spacecraft architecture for the same three missions. In the 9U cases, the thrusters operate with the same trends as the 6U cases but generally with higher payload mass fractions. More CAT configurations are feasible due to the higher mass limit, and these configurations minimize mission times due to the CAT's higher thrust capabilities. A configuration with a small number of MiXI thrusters exhibits payload mass and volume fractions comparable to multiple MEP thrusters in many configurations. At a given power level, MiXI mission times are generally shorter; for longer-distance missions, MEP configurations allow a higher payload volume fraction.
Because of lower I sp , the CAT cases require more propellant to complete the maneuvers. As power increases, CAT configurations are limited by mass constraints before they violate heat constraints. In contrast, the JPL MEP and MiXI thrusters are limited by heat constraints.
Although the JPL MEP thruster is a smaller system than the CATor MiXI, it allows high payload mass fractions in many configurations because so many thrusters can be placed in a CubeSat architecture. The JPL MEP also requires less volume for its propellant management system than the CAT and MiXI thrusters, which use highpressure xenon propellant.
The trajectories modeled are constant-thrust, spiral-out orbits; they are not optimized for minimal propellant mass or transfer time, yet the results are quite promising. For example, a 9U CubeSat with 1 MiXI or 12 MEP thrusters could achieve lunar flyby in less than 24 months with more than a 45% payload mass fraction, which demonstrates an immense capability for a wide range of missions. We expect optimized trajectories could achieve even better results for these CubeSat configurations.
VII. Conclusions
The applicability of several types of micropropulsion to CubeSat orbital maneuvers was evaluated. First, seven types of propulsion systems were examined. CubeSat constraints on size, mass, power, and mission duration were discussed, and the propellant mass and volume for the different thruster types were compared. Next, the ΔV capability and propellant mass fraction were evaluated for different thrusters and maneuver types. Trajectory control strategies with varying thrust arc lengths were considered for spiral-out trajectories. Finally, 6U and 9U CubeSat configurations were evaluated and compared for three electric propulsion (EP) systems for large orbit change maneuvers.
Results of these analyses indicate that emerging micropropulsion systems will enable many new CubeSat mission capabilities. Nanosatellite designers will have several thruster options to perform small ΔV maneuvers, including station keeping, drag makeup, and launch error corrections. Larger orbit changes, such as spiral-out trajectories from low Earth orbit (LEO) to geosynchronous Earth orbit, lunar flyby, and Earth escape will be feasible with efficient EP systems. Configurations with ion thrusters or microfluidic electrospray propulsion thrusters, like the miniature xenon ion thruster or Jet Propulsion Laboratory Micro Electrospray Propulsion, will be capable of performing major orbit transfers with a high payload mass fraction. Configurations with a helicon plasma thruster, such as the CubeSat Ambipolar Thruster, will be able to perform similar missions with a smaller payload fraction but shorter mission times, such as LEO to lunar flyby in less than a year for a 9U configuration.
